The objective of this research project is to identify the effects of service exposure on aircraft materials.
INTRODUCTION
Aging aircraft are a resource that must be carefully conserved. The aging aircraft fleet has significant economic and safety aspects. Military cutbacks and large replacement costs for commercial aircraft are making it necessary for airplanes to continue operating well beyond what used to be retirement age. The general trend among aircraft operators is to repair damaged aircraft as they age, rather than replace them entirely. As the service lives of aircraft extend, damaging factors such as fatigue and corrosion must be assessed to ensure public safety. In response to these issues the United States Air Force and numerous other organizations are sponsoring research programs to predict and prevent fatigue cracking and to maintain structural integrity of aircraft.
Fatigue cracking in aircraft skins is a widely recognized and extensively studied problem in both commercial and noncommercial aircraft. Fatigue is defined as localized deformation of a body undergoing cyclic loading. Cyclic loading is the repetitive application and removal of forces acting on a body. Aircraft experience tremendous forces due to air and wind resistance during flight. Over time, these forces can cause cracks to nucleate in the aircraft skin, particularly in highly stressed regions. Fatigue cracking is a progressive phenomenon; once nucleated, cracks will continually grow under the action of loading and unloading.
Though small, the cracks have a tendency to proliferate around the plane and have deleterious effects on the structural integrity of an aircraft, thus decreasing its ability to sustain large cracks and remain airworthy.
Fatigue cracks in difficult to access areas of an aircraft sometimes go undetected until they have caused sudden and catastrophic failure of the structure. One occurrence of failure of an aircraft due to fatigue cracking is the Aloha incident. In April of 1988, a 19 year old Boeing 737 aircraft, operating for Aloha Airlines, lost a major portion of the upper fuselage near the front of the plane during flight. Though the pilot was able to land the airplane, the event resulted in one fatality. Upon inspection of the remaining aircraft structure, evidence was found of multiple site fatigue damage, which was determined to be the cause of failure III. This event characterizes the potential for catastrophic failure due to fatigue cracking.
Several factors can contribute to fatigue cracking. Among these are:
• Environment.
Envirpnment plays an important role in the fatigue cracking of aircraft. Airplanes exposed to corrosive environments exhibit a greater likelihood of developing fatigue cracks. Corrosion is a chemical attack on the aluminum alloys used to make most aircraft. More specifically, it is a chemical reaction between the metal used to make the aircraft and the environment, which causes a deterioration of the material and its properties.
CoiTosion is most likely to occur at highly stressed areas of the aircraft, where structural components τ*' overlap, mich as lap joints or bolt holes. Pitting corrosion is a form of localized corrosion that causes small pits or cavities to form in the material /4/. Such pits cause weaknesses in the aircraft structure where cracks can nucleate and grow.
Aircraft in marine areas are especially susceptible to corrosion due to the presence of salt water. Salt water is known to accelerate fatigue crack growth rates by decreasing the effectiveness of the protective alloys coating the aircraft skin.
• Time in service.
The greater number of in-flight hours an airplane has, the greater its susceptibility to fatigue cracking. As an aircraft's number of flight hours accumulate, so do the number of cyclic loads the plane must endure. The number of cyclic loads to which a material is exposed has a cumulative destructive effect on the structural integrity of the material. Each time the aircraft is flown, forces due to pressurization and depressurization cause deformation of the bolt-holes on the cabin of the aircraft. Over time this can cause structural defects in the aircraft material in which fatigue cracks can form.
This study involves a review /1-9/ of data generated on C-KC 135 panels and comparing those properties with data from new materials. The effects of exposure time on fatigue crack growth behavior of aircraft panels removed from a retired aircraft were evaluated. These data were compared with data from virgin materials and trends determined.
EXPERIMENTAL DETAILS AND MATERIALS

Aged materials
The data for this project was obtained from the Quality and Integrity Design Engineering Center at the University of Utah in Salt Lake City. The senior author participated in the C/K.C-135 Corrosion Test Program which was implemented at the University of Utah to study the effects of corrosion on fatigue crack growth rates of 2024-T3 aluminum alloy specimens.
Middle Tension crack (M(T)) specimens having thicknesses of approximately 0.063 inches were taken from the fuselage of a retired KC-135 aircraft that had been in service for approximately 29.5 years. The specimens were subjected to cyclic loads with a load ratio of 0.1, a maximum load of 1100 lb., and a minimum load of 110 lb.
New Materials
The data from the virgin materials used in this study were also obtained by the senior author. The M(T) specimens were 2024-T3 aluminum alloy, had thicknesses of .05 inches, and had load ratios of .05.
Both materials were machined with a center notch before shipment to the University of Utah. Specimens were tested in high-humidity and lab air environments at room temperature with a relative humidity of 85%
and less than 10%, respectively.
The da/dN vs. ΔΚ. data plots were generated for both new material specimens and aged material specimens. These plots show fatigue crack growth rate expressed as a function of crack tip stress intensity factor range and describe a material's resistance to crack extension under cyclic loading.
Data Analysis
Two analysis methods commonly used in fatigue testing are those using fatigue methods and those using fracture mechanics methods. In this study, fracture mechanics methods were used. The initial specimen condition in these methods assumes an initial flaw of a given size and geometry. The samples tested at the University of Utah were middle tension specimens, in which the crack originates at the center of the specimen and propagates laterally across the width of the specimen. The specimens were loaded and Vol. 13, Nos. 5-6, 2002
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"precracked" to a specific length. The samples were then subjected to cyclic loading at a given frequency until failure or the test was terminated once the crack reached a certain length.
dA/dN, fatigue crack growth rate can be calculated by the secant method or the incremental polynomial fit method. The secant method calculates the slope of the straight line connecting two successive data points, The value of ΔΚ for this da/dN value is computed using the fitted crack length, a;', corresponding to Nj.
Recall that ΔΚ is the crack tip stress intensity factor range and is generated by the following equation:
Hf)-JPFS) 151 la where ΔΡ = P max -P m j n , α = -, α < .95, Β = specimen thickness, W = specimen width.
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In order to determine what information we can obtain from the da/dN vs. ΔΚ scatter plots, we must establish a relationship between da/dN and ΔΚ. This relationship is given by the Paris-Erdogan Equation.
The Paris-Erdogan Equation describes stable crack growth and takes the following form:
where C and η are material constants that depend on factors such as frequency, temperature, and stress ratio.
From this equation we can gather that the change in crack length per cycle is a function of the stress intensity factor range. The relationship between ΔΚ and da/dN is a direct one, that is, as stress intensity factor increases, crack growth rate increases. This is easy to explain because greater differences between maximum and minimum stresses will cause fatigue crack growth rates to increase. Stress is given by the equation σ = ρ -, where Ρ is the load and A is the cross-sectional area of the specimen 191. The greater is the applied load,
A
given a constant area, the greater will be the stress. Greater variations in cyclic loads (ΔΡ) cause greater fatigue crack growth rates. The scatter plots of da/dN vs. ΔΚ will exhibit a curve with a positive slope that will either increase or decrease. The Paris-Erdogan Equation has no theoretical basis and is not the preferred method used to calculate ΔΚ or da/dN because it does not account for important factors such as load ratio, specimen width, or specimen thickness.
In our study, da/dN was calculated by the incremental polynomial fit method. There were nine tests done on the new material specimens. The data from these tests were averaged and superimposed upon plots of the aged materials, providing a comparison of the data. The curve of the new material was linear ( Fig. 1 ),
indicating that ΔΚ increased a constant rate with respect to fatigue crack growth rates. Overall, the aged materials exhibited fatigue crack growth rates that were faster than the new materials. The da/dN vs. ΔΚ curve for the new materials was less steep than the da/dN vs. ΔΚ curves for the aged materials. This trend indicates that greater stress intensity factor ranges were required to make fatigue cracks in the new material specimens grow.
The first group of aged material data exhibited an almost vertical da/dN vs. ΔΚ curve as shown in Fig. 2 .
Fatigue crack growth rate increased while the stress intensity factor range remained the same; this group had the fastest crack growth rate with respect to stress intensity factor range (Fig. 2) . The aged materials exhibited faster crack growth rates and lower stress intensity factor ranges than the new materials.
The second group of aged material data, displayed in Fig. 3 , exhibited faster crack growth rates and
higher ΔΚ values than those in the first group. As fatigue crack growth rate increased, the stress intensity factor range increased. Once again, the aged materials showed faster crack growth rates and higher stress intensity factor ranges than the new materials. Within the same range of ΔΚ, fatigue crack growth rates were 2-5 times higher in the aged materials, Fig. 3 .
The third group of aged materials, shown in Fig. 4 , exhibited even faster fatigue crack growth rates and
higher ΔΚ values than those in the second group. The da/dN vs. ΔΚ curve had a positive, concave downward slope. The concave downward slope is indicative of ΔΚ in the near threshold region for failure. The new materials had higher fatigue crack growth rates at higher ΔΚ values than the aged materials. However, the slope of the curve for the aged materials up until the ΔΚ threshold value was more similar to the slope of the new materials than the first group.
The fourth group of data displayed trends similar to the third group of data. The aged materials in this group exhibited the highest fatigue crack growth rates of all the aged materials. The da/dN vs. ΔΚ curve had a positive slope. The aged materials exhibited faster crack growth rates and lower stress intensity factor ranges than those of the new materials. 
